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FOREWORD

An analytical research program to assess the feasibility and desirebility
of improving launch vehicle performance by means of air-augmented rocket
propulsion systems has been conducted by the Aero-Space Division of The
Boeing Company for the National Aeronautics and Space Administration
under Contract NAS 8-11017. The contract was initiated on June 29, 1963

and completed on June 15, 196k,

This program was sponsored by the George C. Marshall Space Flight Center,
Huntsville, Alabama, with technical direction from Mr. D. D. Thompson of
the Propulsion and Vehicle Engineering Laboratory. Panel members having
cognizance of this program were Messers R. V. Hensley and J. A. Suddreth
(Program Managers) NASA Headquarters; L. K. Donehoo, MSFC; G. R. Woodcock,
MSFC; P. K. Plerpont, NASA Langley; M. A. Beheim, NASA Lewis; W. E. Supp,
USAF, WPAFB.

The Boeing Company Propulsion personnel who cooperated in the research and
preperation of this report were: Mr. R. W. Carkeek, Mr. R. E. Fitch, and
Dr. D. L. Emmons. Personnel from other groups in Flight Technology;
Structures and Materials; Applied Mathematics; and Product Development who
assisted in the study included Messrs. D. Faltens, G. Woodhead, J. R. Bender,
R. J. Sartell, F. M. Knox, L. E. Savage, E. G. Cate, L. B. Trabert,

J. Lauderdale, and Mrs. M. Manro.

This report consists of two volumes. Volume I, D2-23217, is Unclassified
and contains the material on the analytical models, engine concepts, com-
ponent operating characteristics, and powerplant performsnce. Volume II,

D2-23217-1, is classified Confidential and contains the material on powerplant
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integration, vehicle performance, and the correlation of the analytical

models with experimental data.
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ABSTRACT
277277
The document reports the results of a study performed by The Boeing Company

under Contract NAS 8-11017 with Marshall Space Flight Center, National Aero-
nautics and Space Administration. The purpose of the study was to analytically
assess the feasibility of improving launch vehicle performance by means of an

air augmented rocket propulsion system.

The course of action taken was as follows:
1. Develop an analytical model, with which to evaluate the significance
and sensitivity of primary system variasbles on system performence.
2. Produce conceptual designs of interest for propulsion systems on
launch vehicles.
3. Investigate methods of integrating the vehicle and augmented engine
systems,
L. Determine effects of augmentation on system performance.
5. Delineate problem areas requiring further investigation.
To this end, three computer programs were developed or modified and exten-
sively used during the course of the investigation. A one-dimensional aug-
mented engine cycle analysis program was written in order to investigate
performance trends and to ocutline those areas not warranting further analysis.
An existing perfect gas, frozen composition, method of characteristics nozzle
plume program was revised to describe the inviscid interaction between a
supersonic plume and an isentropic one-dimensional stream confined by a wall.
A finite difference mixing program was developed which accounts for axial
pressure gradient, equilibrium chemistry, and confinement of the secondary

stream by a duct wall.

The major portion of the study was spent in the development of the analytical

models and in determining the effects of the inlet and mixing section
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interactions. These interactions present over-all performence limitations
due to component matching requirements which are not evident from a con-
ventional one-dimensional analysis. The lower limit of combustor operation
is found to be adequately defined by the inviscid plume analysis, confirmed
by available experimental data (Volume II, Confidential). When the

mixing section entrance conditions are known, the mixing program predicts
with good accuracy the operating characteristics of the section. This is

also confirmed by experimental data.

Based upon the one-dimensional analysis, augmentation factors of 1.5 and 2.0
are predicted for flight conditions and inlet-combustor geometries for

vhich there are no compatible conditions of matching operation, as determined
from the more realistic plume and mixing programs. The required matching

of hardware imposes practical limitations in flight path selection and,

in general, reduction in augmentation factor.

The S-IC stage of the Saturn V Vehicle was selected as the launch system
upon which to study the effects of air augmentation. The propulsion system
was changed from a five-engine base cluster to a 36 engine annular arrange-
ment surrounded by a shroud 9% feet long with a diameter of 60 to 70 feet.
Augmentation factors of 1.1 to 1.25 in the Mach 2 to 5 range were calculated
for this configuration. The net payload change as a function of stage

inert weight increese is shown in Volume II (Confidential).
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NOMENCLATURE
A Area - £t.°
Cy Concentration of K Species - Ib./Ib. . .
c, Specific Heat at Constant Pressure - BTU/lb. °-R
D Diameter - ft.
= Impulse funetion - Ib/ft.
F Augmentation Factor
g, Proportionality Constant - iﬁ;‘?_l:%c - Rl
H® Total enthalpy - BTIJ/].bm
HEQJIL Static enthalpy from equilibrium routine
HVEL Static enthalpy from energy equation
h Enthalpy of the e species - B'I.'U/l'bm
I, Specific Impulse - Ei_b_'_f_ef;
m

I Reference Specific Impulse - .13!1_;_8_%’.
L Length - ft. .
Leg Turbulent Lewis Number
B Mass flow rate lbn/ sec.
M Mach number
P Pressure - l'bf/ft.a
Po Secondary stagnation pressure at which primary plume completely

fills the mixing section
P Turbulent Prandtl Number
q Incompressible dynamic pressure (5;-'- o V2) - lbf/ft.a
r Radial distance -~ ft. °
T Temperature - °R
T Thrust - II.'I:f
u,v,V Velocity - f£t./sec.
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INTRODUCTION

A fundamental measure of the efficiency of a propulsive device is the thrust
per unit mrss rate of fuel consumption, referred to as specific impulse. The
range of values available vary from approximately 400 for high energy liquid
rockets to 10,000 for hydrogen turbofans with the ramjet maximm occurring
in between. Unfortunately, the thrust-to-weight ratios of these engines vary
inversely as specific impulse with the rockets having values as high as one
hundred, the turbofans around eight and ramjets zero at static

conditions.

Widespread efforts have been conducted with the aim of increasing the fuel
efficiency of the rocket while maintaining the advantage of high thrust to
weight ratio. A great deal of time and effort i1s currently being devoted to
specific impulse improvement by increasing the chemical energy of propellants.
In the case of stable liquid or hybrid systems, it appears that 456 seconds
specific impulse, at standard conditions, is the theoretical maximm. In

the case of s0lids one might optimistically expect improvements on the order
of twenty percent at most in the next decade, and then only after the expendi-

ture of considerable effort.

The specific impulse improvements obtained by increasing the chemical energy
of the propellant, important as they may be, are not startling when compared
to the possible specific impulse increases accruing from inclusion of air-

breathing features with the basic rocket propulsion mode.

Early investigations into such composite air-rocket propulsion systems were
concentrated mainly in providing ramjets with static thrust capability by

the addition of fuel rich rockets (References 1 through 5). These resulted in



systems which had static thrust cepebility at relatively low thrust-to-weight
ratio in addition to the high specific impulse essential for cruise application.
These engines, the ducted or ram rockets, were characterized by air to rocket
mass flow ratios of approximately twenty to forty. Due to the low thrust to

weight ratio, they are primarily competitive with turbojets.

The design of the composite engine for launch vehicle applications presents

a different emphasis upon the relative importance of specific impulse and
thrust to weight ratio. 1In this case, high thrust to weight ratio must be
maintained at the expense of potential specific impulse gains. In keeping
with thé high thrust-to-weight requirement, the basic concept to accomplish
this is to utilize a single composite air-rocket engine cycle in which the

air, provided by a conventional inlet, and the moderately fuel rich rocket
exhaust gases enter a common duct, mix and combust, and then exhaust. The
basic rocket engine is modified only to the extent of changing mixture ratio
or expansion ratio to enhance the mixing process. Such a cycle is referred

to as the Air-Augmented Rocket, and is characterized by low air to rocket

mass flow ratios up to four, an order of magnitude less than the ducted rocket
or ram rocket. It is not new in concept and has been studied both analytically
and experimentally by many individuals and agencies (e.g., Reference 6). There
have resulted from these investigations some experimental data but no adequate

analytical methods.

It was the purpose of this study to develop adequate analytical models and
methods with respect to the basic mixing and combustion processes, using
experimental data; and establish trades between the air inlet, rocket mixing
section, and expansion components to serve as & means of evaluting the perfor-

mance potential of selected air-augmented rocket engine designs.




A.

STUDY DESCRIPTION

Analytical Approach Philosophy

The evaluation of any thermodynamic cycle requires a thorough under-
standing of the separate component operations and processes, as well
as their interactions. The air augmented rocket cycle, is shown in
block diagram form in Figure 1. The basic rocket engine cycle in-
cludes the chamber process, which is the mixing and combustion of
the primary (rocket) propellants, and the expansion of the combustion
products through a supersonic nozzle. The air inlet conducts the
secondary (air) to the mixing and combustion section wherein the
chemical reaction between the air and fuel rich primary exhaust pro-
ducts occurs. The expansion section allows the mixed stream to

expand to the system exhaust conditions.

From both the analytical and experimental standpoints, the inlet,
rocket and expansion processes have previously been sufficiently well
defined for the purposes of this study. However, a satisfactory
analysis of the mixing and combustion process has not been available,
and experimental data directly appliceble to this concept are meager.
In addition to the requirement for a mixing and combustion amalysis,
it vas essential to have a means of linking the component processes
together in order to generate over-all cycle performance data. To
these ends, the following three computer programs have been developed
and are described in the following pages.

1. One dimensional cycle analysis

2. Inviscid combustor amalysis



urexdsT( MOTJd 33400y pajuswdny-aiy - T oInBTJd

NOISNVAXH e HAGWVHO

LEBIOOY
NOI.LOVEM
NOISNVAXH - TVOIRIHO
aNv
ONIXTHW
LIINT
yIv




3. Two dimensional mixing analysis

One-Dimensional Cycle Analysis

This program was written to generate overall cycle performance data on a
parametric basis along the lines of the classical one-dimensional treat-
ment, It is the simplest of the three programs with respect to the mix-
ing flow field analysis and was used to produce large sets of cycle data
in order to outline those areas of flight conditions, flow rate ratios,
area ratios, etc,, which warranted more sophisticated analysis; and to
exclude from further consideration those areas which obviously did not
offer promise. The analysis of the mixing section is based upon the
assumption that mixing of the secondary and primary streams is complete
and that the mixture is in chemical equilibrium., The program calculates
net engine thrust, specific impulse and the flow properties at the mix-
ing and expansion stations. In view of the fact that complete mixing and
combustion rarely occur in a physical situation, cycle performance as
calculated by this program was assumed to be the maximum that could be

achieved.

The assumption of complete mixing and combustion at some unspecified
distance downstream from the initial mixing plane permits one to ignore,
in the analysis, the detailed interactions between the primary and
secondary streams in the mixing section, and hence the "pumping" effect
of the process on each of the entering streams. As will be shown later,
this "pumping" action results in a fixed relationship between the opera-

tion of the mixing section and the operation of the inlet. The failure of

the program to adjust to this matching requirement is a gross limitation

of analyses of this type and often leads to large errors in cycle perfor-

mance calculations. If, however, the matching requirements established




from the other analyses are satisfied, the program calculates cycle

performance with acceptable accuracy.

Inviscid (Quasi-Two-Dimensional) Combustor Analysis

The inviscid analysis of the mixing section assumes that the primary
and secondary streams interact in the absence of viscosity and mixing.
The secondary stream is confined between the mixing duct wall and the
primary plume boundary, which is likewise confined by the secondary
stream. In other words, the two streams make their separate but
mutually dependent ways through the duct, the primary based upon two-
dimensional or axisymmetric characteristic-type flow, the secondary
upon one-dimensional flow. The program calculates the flow properties
of both streams in the duct for a given duct shape and stream condition

at the entrance to the section and is also used to determine the entrance

secondary stream condition resulting in choked secondary flow somevhere in the
duct. It will be shown that this method of analysis adequately describes the

operation of the combustor when the opportunity for mixing of the two
streams is restricted by a short combustor length and the inviscid inter-

action is dominant,

Two Dimensional Mixing Analysis

The two-dimensional mixing program is the most sophisticated of the three
and was developed in order to analyze and examine, in detail, the mixing
and reaction resulting from the turbulent exchange processes. When the
Pluming action of the jet is strong and the opportunity for mixing is
limited, the mixing produces a relatively minor perturbation onm the
combustor operation. However, when the pluming effect is negligible y 1.e.

when the nozzle is over-expanded in the duct, the mixing becomes dominant



in establishing combustor operating characteristics. The progranm
computes a complete flow field map throughout the mixing zone including
the axial and transverse gradients in flow properties, the location of the
duct wall as a function of a prescribed pressure gradient and the thrust
upon the duct. This program represents the most significant contribution
to the state-of-the-art to evolve from this study and is a powerful tool

in the analysis of shear type flows.

As previously stated, the operating conditions of the inlet and combustor
must be matched in order for the calculated cycle performance to be
valid. The general flow of information and the relationships between

programs in the overall analysis are as shown in Figure 2.
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B.

Analytical Models

1.

One-Dimensional Cycle Analysis

The idealized one-dimensional analysis was developed and programmed
for the IBM 7094 to provide a fast, economical means of generating
large quantities of data in order to determine the influences of
various operating parameters on engine performance and to outline
those areas not warranting further investigation. A complete
description of the program and the details of operation are pro-

vided in Reference 7.

Flow Model: The flow model is as shown in Figure 3. The primary
Jet is provided by a conventional chemical rocket for which the
exit conditions are fully known. The secondary stream is intro-
duced into the inlet at a specified flow rate and total pressure
recovery. The streams mix and combustion takes place between
Stations 1 and 2 followed by expansion in the nozzle between Station

2 and Station e. The most serious limitation of this analysis is

the fallure of the program to adjust the secondary inlet conditions

50 as to be compatible with the operation of the mixing and combustion

section. In a physical situation, the pumping action of the mixing

process is of prime importance in influencing the secondary flow

conditions.

Assumptions: The following assumptions were made in translating the
physical system into a workable mathematical model:

a. All streams are homogeneous and uniform

b. The secondary stream is a perfect gas with a constant ratio of

specific heate (y = 1.h).
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Figure 3 - Air-Augmented Rocket - Analytical Model
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¢. Complete mixing and chemical equilibrium are achieved at Station
2 -- an unspecified distance downstream of the Jet exit plane.

d. The expansion between Stations 2 and e 1s isentropic.

e. The pressure-area integral on the combustor wall is determined
by use of the average pressure,

2
f PdA = P2 * Pls (A2-A1)
2

f. Fricticn and heat transfer between the streams and the walls are

absent throughout the combustor and nozzles.

Program Options: The primary jet is described at its exit (pressure,

area, velocity, total enthalpy and weight flow). The secondary stream

18 described through use of the various options as shown in Table 1.

The operation of the combustor section is described by specifying
either its area ratic or pressure ratio. When the area ratio is
specified, both a subsonic and supersonic solution are possible.

The expansion from Statiocn 2 to Station e may be specified by
expansion to a pressure, &n area, or an area ratio. The
equilibrium sub-routine of the program allows the use of a large
number of rocket propellants and has the capability of handling
several hundred chemical species. The program requires estimates of
the species concentrations at Station 2. Correctness of the estimates
is not critical when there are no condensed phases; however, when
condensed phases exist the estimates must be ressonably accurate

in order that the equilibrium calculations converge.



TABLE 1
SECONDARY FLOW INPUT OPTIONS

M T_° P.°

or

or

or

or

or

or

or

or



Calculation Technique: Several sample cases with the equations used

are presented in detail in Reference 7. For the purposes of illus-
tration, the equations and the technique of calculation will be

presented here for an example with the following given conditions:

Primary Rocket
° -
Pip? b By Vo T
Secondary
Same as Line 1, Table 1
Combustor
Ay=a (Als + Alp) =8 (Al), Trial V, and R

2
(Fixed combustor area ratio)

Expansion
A, (Expansion to specified srea)

Inlet
The standard one-dimensional perfect gas isentropic flow and state
equations are used for the calculation of the secondary flow condi-

tions as follows:

Pa = RP"T'O (1)
vV, = M (YSRT,)% (2)
B, = A= p AV (3)

| °) F . )x.v_ : "
- a (Pls)x;_l
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m el s o N

3 Mls -1
- & | P2 = . (5)
e : (RT" ) (1 +2L;.1."1§) E‘ﬁ%n']

-1
e = To (1‘“%_1 "15) (6)
Vis = Mg (YgRTls)% (n

The calculations proceed in the following steps:
1. Calculate 1'ns from Bquations (1), (2), and (3).
2. Calculate A, from Equations (4) and (5).

3. Calculete V. from Equations (6) and (7).

1s
All necessary secondary stream conditions are now defined.
Combustor

The combustor solution is obtained by iteration from the conserva-

tion equations and the equations of state:

Conservation of Mass:

ﬁ2 = 02A2V2 = l“s"'ﬁlp (8)

Conservation of Momentum:

. e g 1 (9)
Phy + 5 _ 2 ; 5 I
Conservation of Energy:
L J
H; = lisHs + ﬁpH.R (10)
o, o+ ﬁp
v2
H = H® -
NELT T27 5
14




Equations of State:

o)

T2

o5

T2=

(11)

Hopor = £(PorTo) (12)

The steps of the calculation are as follows:
1. BSelect a trial V2
2. Calculate p, from Equation (8)

3. Calculate P, from Equation (9)

2
4, Select a trial R2
5. Calculate T, from Equation (11)
6. Calculate R2 and H2 as a function of P. and ‘1‘2.
EQIL 2

This is accomplished in the equilibrium chemistxy routine
which is similar in technique to that described in Reference 8.
7. Repeat Steps 5 and 6 using new R, until a constant value of R2
is reached.
8. Calculate H, from Equation (10)
VEL
9. Compare H and H .
VEL 2EQUIL

10. Repeat Steps 1 through 9 until H = H
VEL 2EQUIL

Figure 4 shows a representative plot of H and H versus V
VEL 2EQUIL 2

for various combustor ares ratios, a. Secondary flow conditions

my be selected which, for a given area ratio, may produce no real
solution, as represented by the lower a = 1.0 curve. If a is in-
creased sufficiently, two real solutions may then be found, one subsonic
and one supersonic. At a unique value of a, the two real solutions are
coincident at the sonic condition. The no-solution case, then,
corresponds to the situation in which the combination of mixing and

heat release "overchokes" the stream. This means that manipulation of

15
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the secondary stream conditions is necessary before a proper solu-

tion can be obtained.

The program calculates either the subsonic or supersonic solution,
if available, at the option of the user. If desired, a profile may
be calculated in which V2 is varied in fixed steps between desired

limits so as to produce a mep &s shown in the figure.

Enggsion

The expansion calculation to a fixed area is a standard one and
involves iteration around the equations of state and conservation

of mass and energy, maintaining entropy constant.

ﬁxe = pAV, (13)
2 °

Vo = 2gJ(H} - H) (14)
8¢ = S5,= f(Pe,Te) (Equilibrium Routine) (15)
H, = f(Pe,Te) (Equilibrium Routine) (16)

The steps of the calculation are as follows:

1. Select trisal Pe and Te

2. Enter equilibrium routine and calculate Se’ Hé
3. Compare Se with S
k. Change T,

5. Repeat Steps 2, 3, and 4 until 5, =8

2

2
6. Calculate Ve from Equation (1k)

7. Calculate P, from Equation of State. (1)
8. Calculate Ae from Equation (13)
9. Compare A.e with input Ae

10. Repeat Steps 1 through 9 until the correct value of Ae

17



is obtained and the stream properties are calculated.

Now that the exit conditions are determined, the engine performance

is calculated from:

THRUST = (ﬁs + xi.p)ve - ﬁ‘s". + Ae(Pe -P) (a7
THRUST

I = (18)

SPpuG B

No external drags such as spillage, cowl or skin friction are

included in the calculations of net engine thrust.

18




2.

Inviscid Combustor Analysis (Quasi 2-D)

This program is a modification of a method of characteristics
analysis previously developed by The Boeing Company, programmed
for the IBM 7094, for the calculation of two-dimensional and
axisymmetric perfect gas nozzle plumes in still air (SPURT A)

and with supersonic external flow (SPURT X).

Flow Models: As a part of this study, SPURT A was modified so

as to provide the two flow models shown in Figure 5. In the

first, Ambient Pressure Input, the plume is calculated based upon

a specified streamwise pressure distribution at the plume external
streamline. In the second, Duct Shape Input, the plume shape is
determined from inviscid interaction with the confined secondary
stream. The secondary stream may be specified to be initially either
subsonic or supersonic. The primary jet pressure must always be
greater than the secondary pressure. A complete description of the

program is given in Reference 9.

Assumptions: The assumptions used in this analysis are as follows:
1. The expansion of the plume is isentropic except that the
program will handle one inward running shock wave,
2. The plume flow is a perfect gas of frozen composition, with
a constant ratio of specific heats,
3. The secondary stream is a perfect gas with a constant
ratio of specific heats.
Lk, The secondary stream is one dimensional and isentropic. This
renders the secondary supersonic flow option invalid, in

general, when the conditions are such as to produce shock and

19
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- Figure 5 - Flow Models, Quasi Two-Dimensional Analysis




expansion waves.
5. No mixing occurs between the two streams, nor is there friction

or heat transfer in the system.

Inputs: The conditions of the jet are specified at the exit plane

in terms of flow direction, temperature, pressure, gamma, gas constant,
and Mach number. The secondary conditions of weight flow, total
temperature, and total pressure are defined. Both the axial pressure
distribution in the case of Amblent Pressure Input and the duct shape
in the case of Duct Shape Input may be specified in either polynomial

or tabular form.

General Features: When the ambient axial pressure distribution is specified

as the boundary condition for the characteristics network, the plume
flow field is calculated based upon that streamline pressure distri-
bution. When the duct shape input is used, the plume is calculated
by an inviscid matching with the confined secondary stream such that
the pressure of the external streamline and the one-dimensional
secondary stream are equal and compatible with the secondary stream
tube area formed between the duct wall and the plume. A similar
technique has been reported by Addy (Reference 10). In general, it

is desirable that the duct be either constant area or diverging in
order that there be no forward facing surfaces which would produce a
pressure drag on the duct itself. With the constant area or diverging
duct, the plume tends to billow outward and then turn inward. If the
secondary stream is subsonic initially, it will remain subsonic unless
the plume causes sufficient constriction of the secondary stream tube
to choke the flow. If this choking is not present, the ambient
pressure, vhich during supersonic flight is less than the exit pressure of
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the duct, will feed back upstream through the subsonic secondary
flow and force a readjustment of the secondary conditions at the
primary exit plane. This change will cause the plume shape to

change so that the choking condition will occur.

Calculation Technique: The steps in the analysis of the Duct Shape

Input problem are described based upon the following inputs:

Duct Shape
Coordinates in tabular or polynominal form.

Primary Jet
rlp’ R1p \
Mlp’ Plp L Constant across Jet exit
Tip* Yip |
8 May be varied across Jet exit
Secondary
P;.'s’ T;’ ﬁs’ Yg» By

The equations used in the calculation of the secondary stream are as

follows:
A% = 0.1762 hg ] (19)
{ Y+ -]
Pls {.Rs:'i': (_Yfl Y
A, = (rg - rﬁL) (20)
(Ps )2/Y ‘ps)lyﬁ A% ) 2 l‘.l) (:!ti)%':"y (21)
o B 4 B  wl B B R




The calculations performed for the primary jet are handled entirely
in SPURT A which is a standard method-of-characteristics program

and is fully described in Reference 9.

The calculation procedure is as follows: (See Figure 6)

1. Calculste &* from Equation (19)

2. Calculate A, from Equation (20)

3. Calculate P, from Equation (21) (This equation has two real
roots, one subsonic and one supersonic. Either is available
at the option of the user).

4. Enter SPURT A and calculate the initial slope of the plume
slipline, based upon & Prandtl-Meyer expansion from the Jet
pressure (Plp) to Py ..

5. Commence calculation of characteristics net in SPURT A.

6. At the intersection of each left running characteristic with
the slipline, points 1, 2, ....1,.... calculate As:l from
Equation (20) (the slipline extension is based upon a linear

extrapolation in SPURT A from the last two points).

7. Calculate P,, from Equation (21). Since Equation (21) has two

81
real roots, a selection must be made as to which to choose as
the solution, as with P, . If P, < P%, i.e., M,>1 (input
option) then the supersonic solution to Pg 1 is always used.
However, if P, > P¥ ("13 < 1), the mode of solution is based
upon & linear extrapolation of P’i from the previous two points.
If the extrapolated pressure is greater than P:, then the sub-

sonic solution is determined for that point. If the extrapolated
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pressure is less than P:, the supersonic solution is determined

for that and all succeeding points.

8. Enter SPURT A and calculate a value of Pai in the characteristics
net based upon the location of point i on the slipline.

9. Compare P‘i with P,li.

10. Change r‘li’.

11. Repeat Steps 6 through 9 until P’i = P’li

12. Calculate all secondary properties using standard isentropic

perfect gas relations.

As will be discussed later, it is believed that the best operation of
the engine cycle, from a performance standpoint, results from a
configuration such that the secondary Mach number at the entrance

to the combustor is in the low subsonic region (Mls = 0.1 - 0.3). An
essential function of the combustor then is to restrict or choke the
secondary flow in order to produce the high back pressure on the inlet
necessary to sustain this low secondary Mach mumber condition. With res-
pect to this condition, there are three possible situations which can
exist analytically in the cambustor. The first occurs when the initial
pressure differential between primary and secondary is low, and the
corner expansion of the jet at the Jjet exit 1lip is lqw. In this case,
the plume width is scmewvhat restricted and reaches its maximm diameter
without ever having choked the secondary. The secondary stream,

having entered with a low Mach number, is accelerated to the point of

maximm constriction and then decelerated, remaining all the vhile
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subsonic. This is not a physically possible solution because of the

feedback of ambient pressure discussed previocusly in this section.

The opposite situation results from a large pressure differential
at the primary Jet exit, with a large flow turn at the cormer of the
nozzle lip. This produces an over constriction of the secondary
stream tube by the plume such that this stream tube areas 13 less
than the secondary critical area for sonic flow. This situation

would force readjustment of the secondary flow conditions.

The third case, and the one which is sought in the use of this pro-
gram, occurs when the inlet conditions and the duct geometry are
such that the initial plume expansion and subsequent recompression
are just sufficient to exactly choke the secondary stream at the
point of maximum constriction by the plume. Analytically and
physically this involves the transition of the stream from subsonic

to supersonic flow.

In the analysis, this transition was initially handled as outlined in
Step (7) above. Whenever the extrapolated pressure was equal to or
less than P: the supersonic solution was obtained. Another control
was that vhenever A‘i was less than A:, the program stopped because
of the impossibility of the solution. Unfortunately, out of several
hundred cases run, this transition was never achieved in the analysis
because whenever the transition point was reached, and Psi < P:, then

always A81 < A:. Consequently, the control on Asi was relaxed so that




vhen 0.9 A: < A‘i < A:, the program continued with P’i identically
equal to P;. At the point where the plume converged sufficiently so
that the secondary stream tube area as defined by the duct wall and
plume slipline was greater than the critical choking area, the
calculation proceeded as before, but using the supersonic solution

to Equation (20), rather than the subsonic one.

Of these three flow situations which can analytically exist in the
combustor, only the choked case (transition from subsonic to
supersonic flow) has any real significance in the physical situa-
tions of interest in this study. The reason for this situation

is fully discussed in Section C.2. The program is used to
determine the initial secondary conditions for a given primary-
combustor combination which produces the choked secondary. Using
this sonic criteria, it is possible to determine the operating
characteristics of the combustor insofar as the inviscid inter-
action of the plume and secondary stream is concerned. The inviscid
interaction tends to dominate over the mixing process when either
the duct is very short and the opportunity for mixing is limited,
or when the secondary stream area is very large in comparison with

the primary plume.

The operation of the combustor is more completely described in the

Combustor Analysis Section (C.2) of this report.




3.

Two-Dimensional Mixing Analysis

Qe

General Discussion
The development of the mixing analysis described herein parallels

that of other investigators except that consideration is given to

the following factors: (1) confinement of the secondary air stream

by a duct, which necessitates the consideration of axial pressure
gradients, and (2) chemical reactions between the species com-
prising the rocket exhaust and the air stream. Libby (Reference
11 ) and Vasiliu (Reference 12 ), for example, have analyzed
the unconfined mixed flow field assuming equilibrium and non-
equilibrium chemistry, respectively. Mikhail (Reference 13 ),
on the other hand, has treated the mixing of cosxial incompressi-
ble streams in a duct but has assumed no chemical reactions. The
present analysis provides a method for calculating the chemically

reactive mixed flow field within & duct of arbitrary geometry.

The flow model employed in the development of the analysis is
presented in Figure 7 . It is assumed that at the exit plane
of the rocket nozzle the air stream flows in a direction parallel
to the axis of symmetry. At the periphery of the nozzle exit,
where the two streams first come into contact, the mixing region
begins and widens along both sides of the plume slipline as

the flow moves downstream. As the mixing region widens the

inner boundary moves inward toward the Jjet centerline and the
outer boundary outward toward the duct wall, until at a certain
axial distance the mixing region may be considered to occupy

the entire duct. As the flow proceeds in the downstream direction

the non-uniformities in the flow change so that the
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radial gradients of velocity, temperature, and composition approach
zero, corresponding to a completely mixed flow. In the areas out-
side the mixing region, the flow is considered to be inviscid with
uniform velocity, temperature, and composition in the radial
direction. Within the mixing region turbulent transport processes
are assumed to prevail with all molecular transfer considered
negligible, This assumption is Jjustified for the problem under
consideration since the flow is generally turbulent, and the tur~
bulent transport coefficients are usually several orders of

magnitude greater than their molecular counterparts.

The major assumptions employed in the development of analysis are

as follows:

a. Axisymmetric or two-dimensional flow model.

b. The entire flow field is turbulent.

¢c. Prandtl's boundary lasyer equations are applicable.

d. The perfect gas law is valid.

e, Negligible radial pressure gradient across the mixing zone.

f. Mass transfer due to thermal and pressure gradients are
negligible.

€. The turbulent Prandtl and Lewis numbers are constant but
may have values other than unity.

h. The boundary layer which develops between the internal mixed
flow and the combustor wall is neglected. The boundary layers
in the primary rocket nozzle and the air stream at the initial

point of contact, however, may be considered.




b. Fundamental Equations
The fundamental equations which describe the flow field in the
mixing region are taken to be the turbulent boundary layer
equations with the properties therein being the time-averaged

values. Thus:

Global Continuity:

2(eu r?¥) 2(evr’) _
> v 55— °° (22)

Species Continuity:

C _ 1
oF ¥’ or

3C :
Qu 2K+ Qv Pry —a—,:—] + L (23)

Momentum Equation:

24 a4 _ 22, 1 2 (g4
CUsx * SV oF * ax TP (V (2k)

Energy Equation:
T 2r duy? R L 2T
Coleu sz + ev3F )‘”x""'i(v)*??[c’rrat—]'*
Le a7 oC  _ y )
S Py E&-a_r-?? E’*/’k (25)
K K
(For notation see Nomenclature). The exponent & s for the

terms ¥ makes the equations applicable for either two-

dimensional or axisymmetric flow.

In solving the above equations using the finite difference tech-
nigue, it is convenient to transform the equations utilizing the
Von Mises transformation. Thus, introduction of the stream

function ¢, defined from the equations

(gf_’) = eur® (26)
(35), = - evr (21)
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is seen to satisfy equation (22) identically. The transformation

of the remaining equations is accomplished by noting that

bt a_w(a_f) - f(zf)
(ar)x (ar 20 ) x Cur 3ok

). = 9. G2, - Ba.

- _ slaf F
- evr Gsaéx * (S;)V

vhere f represents any of the dependent variables. Hence, the

and

transformed conservation equations become

Species Continuity:

3 _ 2 [&lee o 20| .  sin (28)
ox -1 Pre P-4 Cu
Momentum Equation:
26 _ _ 4P, 2 [ 0w u (29)
2x eudx * 37/["9 :Y7%
Energy Equation:
15
- de, sguettau, 1 2l sv_ei‘.f_it]+
ax = Tegdx * "o, 2 T T e P P
g L K
Sur” &cles N, 2726 _ _1_ by
Ce Pre “ oy oy Cucy (30)
Lri £z

Thus, a system of K + 4 equations (including the equation of
state) are available for determining the unknown parameters u,

t, Cx, Wk, €,, and © . K is the total number of species compris-
ing the gas streams. A solution may be obtained, therefore, if
appropriate expressions for the parameters % and €, are available
in terms of the remaining unknown parameters. Such expressions
will be developed later in this section. However, for the present,

these parameters will be retained in this present form with the
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assumption that suitable expressions are available.

Development of the Finite Difference Equations
The finite difference technique utilized in solving the above
equations consists of replacing the partial derivatives by

finite difference ratios, which is equivalent to replacing the

continuous flow system by a network of finite elements, hereafter

referred to as the grid network. For example, consider the
system illustrated in Figure 8, wherein is shown a grid net-
work with a radial grid size of Ay and an axial grid size of
A X . Assume that the values of the flow parameters are known
at the grid points designated as my, n; m, n-1; and m, n + 1
along the line denoted as x = m, hereafter referred to as front
m. It is desired to find values of the flow properties at the

grid point m + 1, n located on the m + 1 front.

Following Wu (Reference 14), the x-derivative at the midpoint

between m, n and m + 1, n may be expressed as

a{ —_— ﬁr‘ P - fo;ﬁq'n
Y (31)

where f represents any of the dependent variables. The /-

derivative is expressed as an average difference approximation,

thus

3_'F - fvn,ﬂﬂ" FM,M-'
o z2a¥ (32)

The second derivative with respect to i 1is given by the finite

difference approximation

Baff - f:ow,nmu - zfa«,-« + 7‘»«,~-l
2¢* ap? (33)
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The product terms are approximated by

?‘ 23 = (1""'/"""1 B f”',‘v-l) ¢ (gnn‘,.q,, =G, m-,)
?f" 3“’ o AP? (3)4)

Substituting the above approximations for the derivatives in

equations (28) through (30) and rearranging terms, yields

ax 5. Le,
= L2 |eurs, —ﬁ-) e |C -2c + Cp ) +
CKM.".‘ CK * A(ﬂ" ( Pr, . kan L, M4 Kowg 1 Kot 1, M-y
_V_t) -{euk - (’“" ‘)...._,g ) +
44‘,’ Fr Ao, A | "" , it kﬂ’l,M—l

S o5, e o) (ew”)»«;} [ee)....

(‘j—)‘(’) + ﬁ—xF(?ur’%) .

AX
(u“"i"" - 2“‘"’" * u“"‘" + 74 6‘.‘ - ﬂeu r I)m ~mer eur‘) M%

(omrs = )+ 0, S ) (s = |30

= + (X _ dP
7:‘10-‘)44 7:‘”,"4 ecpj)m”« (JX)’" +
X 2 uau,-.¢- - u“ ..._'2

(%3 I)M,*H

v, (e "2+ T, ) +§ (&

= (eu—rﬁé—ﬁ) o feure)
(eur“—c )mm gg oy rits ™ ') ”
(i::t ) Cp (m.,»m— 7:","') * (C»m,m:_
qﬂm-'j, _ éﬁtz‘)_m @@MM (37)
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Thus, since all the parameters involved in the right-hand side of
the above equations are known, it is possible to determine the
velocity, temperature, and concentrations of the species at the

m + 1 front. Since it is assumed that the axial pressures are given,
the density may also be obtained from the equation of state. The
solutions in the physical plane (x, r) are obtained by considering
the definition of the stream function. Thus, for & fixed x, the

radial coordinate to any ¥-line is given by:
1/6+1

¥
r=E°6+1 P e f gﬂ (38)
(o)

where T, is the radius corresponding to the reference streamline
(¢ = 0). The reference streamline may be specified as either
being coincident with the centerline of the flow system, or
coincident with the plume slipline as determined from the inviseid

method of characteristics program described previously.

The technique employed in solving for the flow properties through-
out the grid network is as follows. At the first fromt (x = 0)

it is assumed that all the flow properties are given -- these
properties are termed the initial conditions. In addition, at
the second front, it is assumed that the properties are known on
the reference y-line (y = 0) and the maximm ¢-line (§ max) ---
these properties are termed the boundary conditions. Employing
Equations (35) through (37), the flow properties at the second
front are then calculated beginning with the grid point m = 2,

n = 2, and ending with the grid point m= 2, n = n__ _~1. The

max
boundary conditions at the second front are obtained by assuming
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that the flow outside the mixing region is inviscid. For those
fronts where the mixing region, as defined by concentration
profiles, extends to either the duct wall or the jet centerline,
the corresponding boundary condition is obtained by specifying
that the radial gradients of all flow properties are zero.
Application of the above technique for each successive front

gives the flow properties throughout the entire grid network.

Eddy Viscosity
Before the above finite difference equations can be solved, it
is necessary that an expression for the eddy viscosity €y, be
established in terms of parameters which are known or readily
available. Such expressions have been developed utilizing
Prandtl's mixing length theory with the assumption that the eddy
kinematic viscosity <fv/e » is constant across the mixing region.
According to Prandtl the eddy viscosity may be expressed as

€, = RLO( Uy = Unuin) (39)
where k is a proportionality factor, b is the width of the mixing
zone, and Upgy - Upjin is the difference between the maximm and
minimum velocities in the mixing region. Setting b = c¢x equation
(39) vecomes

€ = ﬁcxe(uhux = Uiin)

= Kxe (they = Unin) (ko)

where the product of the two proportionality factors kc, is
replaced by another proportionality factor K. Following
Schlichting (Reference 15 ), the constant K may be expressed in

terms of the similarity parameter O ., Thus
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4, + Uiiin
K = e ’ (k1)
40 (qh..x - qﬁu‘n )

which when substituted into equation (40) yields

€ = € X (lggax ~ Ymin) (42)

v yf’-

Acccrding to Reichardt's theory (Reference 16 ) a similar
expression for €, may be obtained, thus

s = ge(c+ %), (43)
where €, is a constant referred to as Reichardt's coefficient,
C is a constant which accounts for a virtual origin of the mixing
region, L is a reference length, and n is a number having a
value between O and 1 depending upon the degree of mixing. The
constant C may be assumed to account for the boundary layers
that build-up in the two streams prior to the point of initial
contact (x = O) which produce, in effect, a mixing region of
finite width at x = 0. For the case where C = 0 and n = 1, as

generally is assumed, equation 43 becomes

€ = &% (L)
Equating equations (42) and (L4) and solving for €, gives
& = L (U/»"';Um,:n) (145)

g o

Experimentally determined values of o for free Jjets exhausting
into a quiescent atmosphere have been obtained for various jet
Mach numbers ranging up to approximately 3.0 (Reference 17 ).
Figure 9 illustrates the variation of O with Jjet Mach number
for a jet exhausting into still air. The solid line faired
through the experimental data was originally presented in Reference
17T .« The dmbhed line illustrates the estimated variation of O
with Mach number as given by Korst (Reference 18 ). The
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majority of the experimental data were obtained with air jets

having temperatures approximately equal to that of the ambient air.

For Mach numbers less than unity the value of 0 has been rela-
tively well established as being O = 12.0. For Mach numbers
greater than unity, the data illustrate that O increases

considerably. The scatter in the data indicate that insufficient
experimental data are available to accurately predict T wvalues

for free jets in the high Mach number range.

For the turbulent mixing between two compressible coaxial
streams, analytical attempts (Reference 19 ) have resulted in
relating the two-stream ¢ value to an "equivalent" single
stream O value and the velocity ratio between the two streams.
The equivalent single stream value is obtained from Korst's
empirical relationship

gy = 12 + 2.758 Mg, (46)
where My, is an equivalent single stream Mach number related to
the Jjet stream Crocco number as shown in Figure 10 . Also
shown in Figure 10 is the ratio of the aforementioned two T
values as a function of the velocity ratio between the two
streams; indicating that the two stream < value increases with
increasing velocity ratio. This trend has also been established
from experimental data. However, it should be noted that
insufficient data are available for adequate correlation with
the above theory, and therefore, the theoretical values should

be used with reservation.

Since experimental data for predicting two stream ¢ values are
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not available the above technique for evaluating J has been
adopted herein with the exception that the equivalent single
stream @ I value is obtained from Figure 9 corresponding to

the equivalent single stream Mach number.

Chemical Model

General

In considering the chemical aspects of the problem two choices of
chemical behavior are available; namely, equilibrium or non-
equilibrium chemistry. Herein, both chemical models are in-
dependently treated with the assumption that the external stream
is air and the rocket exhaust contains only the species Hx0, Hp,
02, CO, and CO». Since high velocities are encountered in rocket

exhaust Jjets it appears that nonequilibrium chemistry would pre-

vail throughout most of the flow field. The most accurate analysis

should, therefore, be based upon nonequilibrium flow including
the complicated chain reaction equations describing the chemical
reaction mechanism. However, in view of the complexity of such
an analysis and the resulting lengthy calculations, it is
advantageous to use equilibrium chemistry whenever that choice
leads to accurate results. In the discussion that follows the
equations for both equilibrium and nonequilibrium flow are

developed and the results compared.

Nonequilibrium Chemistry

For nonequilibrium chemistry the net rate of production of the
species Wy, is determined using the methods of theoretical

reaction kinetics. For example, consider the chemical reaction

k2



between hydrogen and oxygen forming water vapor. It is well
known that the reaction mechanism between these molecules
actually consists of several chain-type reactions such as the

following:

Ho + OH == Hp0 + H
H+02 = Q0H+O
I2+0 = OH+H
H+H+M=H,+M
H+OH+ MS=Ho0 + M

O+ 0+M =0 +M

where M is a third body usually taken to represent all the

molecules in the mixture.

In order to determine the net rates of production of the various
species entering the above reactions it is necessary to apply
the reaction kinetics equations to each of the reactions. In
order to simplify the present analysis, however, it is assumed
that the above complex chain reactions for the Hy - Oy system
may be replaced by the follm‘fing one-step reaction equation
2Ho + 02 “l_“f—’ 2Ho0 (u7)

In addition, it is also assumed that the reaction mechanism for
the CO - Op system may be described by the one-step reaction.

2C0 + 0o ..—k__i'- 2C0p (48)

where ke and k¢ are "overall" reaction rate constants.

Following Penner (Reference 20) it can be shown that the net

rate of production of HpO, in accordance with reaction (47), may

k3
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be expressed as

e Ci — W3 C, Wy
@ = 2w, R e w(wz) [’l K,',?T?C_,(W/ CJJ (49)

vhere kf is the forward reaction rate constant, KI'J is the

equilibrium constant, and W is the molecular weight.

Similarly, the net rate of production of CO, is given by
. Y1 Cy g,_.)‘ . W c,w,—f (50)
“= IHE A [’ KipTeC, \IY Cf

(The subscripts 1, 2, 3, 4, 5, 6 correspond to the species

Hx0, Hp, O2, CO2, CO, and Np, respectively).

From further application of the reaction rate equations it may
be shown that the net rates of production of H2 and CO are related

to those of H,0 and CO2. Thus

]
* — — . w.r
“r= T4 (52)

Since N2 is considered inert, its net rate of production is
‘.‘6 =0
From conservation of mass the net rate of production of Op
becomes
= -[@ e e +w] (53)

The expressions for the reaction rate constants kf and kf
are assumed to be of the form

#,= BT exr (-— ) (54)
where B is the frequency factor, E is the activation energy, and

¥ is a constant.



P

Equations (49) through (53) may be employed in solving the

finite difference energy and species conservation equations pro-
vided the empirical constants in equation (54) may be established.
The primary difficulty in all nonequilibrium problems is that of
establishing the reaction mechanism and associated expressions

for the reaction rate constants. For the Hp - Op system the
complex chain reaction equations and rate constants are relatively
well established. It is possible therefore, to establish an
expression for an "overall” rea;::tion rate constant in the follow-
ing manner, Utilizing the chain reactions and the associated
reaction rate constants, the temperature distribution throughout

a stream tube may be calculated for a range of initial conditions
of the flow parameters employing the one-dimensional analysis of
Reference 21 . Then, using the same analytical technique and

the one-step chemical reaction a value of the overall reaction
rate constant may be determined which best reproduces the previously

determined temperature distribution.

The above technique was employed for & range of initial conditions
corresponding to those anticipated for the problem being considered
herein. Typical results are shown in Figure 11 wherein are pre-
sented the calculated temperature distributions resulting from the
use of the chain reactions (the solid line) and the one-step reaction
using various expressions for the overall reaction rate constant

(the broken lines). The reaction equations employed in calculating
the solid line were those presented on page 43 of the present

report.
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The value of the overall re#ction rate constant was varied by
altering the frequency factor; the activation energy was assumed
constant at 1.6 x 10“ cal/gm-mole. The average value of the
frequency factor which best correlated the results obtained from
the complex reactions was B = 1016. Thus, the expression employed
for the overall reaction rate constant for the Ho - 02 reaction

was determined to be

6

f‘/ = e T%exe (———/‘"”"’"q) (55)

—
In a similar manner the overall reaction rate constant for the

CO - Op system may be determined. Unfortunately, however, the
reaction mechanism for this chemical reaction has not been
established and thus, an overall reaction rate constant cannot
be determined. In view of the lack of data the value given by
Vasiliu may be employed. Thus

_ z.zfx/o")
7

£ = m7x0” 7 enm | (56)

Equilibrium Chemistry

For equilibrium chemistry the net rate of production of each
species is calculated from the equation

A (57)

where C-:K and Cy are the concentrations of species K immediately
before and after the chemical reaction, respectively. The
problem, therefore, reduces to that of calculating the equilibrium
composition Ckx, for initial concentrations EK at a given tempera-

ture and pressure.

From an atom balance the following relations may be obtained

which are valid for both reactants and products:
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% =C + G (58)

c.=7C Ws c. W ~_ W

Cy3=Cys t szwl + Cy Wy + CJ;—‘:I; (59)

G+CWM -7 L FW (60)
S ws 14 S Ws

where EJK is a pseudo-mass fraction defined by the above

equations. For the reaction equations (47) and (48) the equilibrium

constants, expressed in mass fractions, are

. Ws C, We 2 (62)
Kp = c, Pwy (W,c,)
Kilz e (S Ws'):l (63)
PTC,PW, \Wcg

where Wy is the average molecular weight of the gas mixture.
Values of Kp and Kp are obtained from tebles giving the equil-
ibrium constants at various temperatures., Thus, a system of

six equations are available for determining the six unknown
concentrations Cx. The solution comprises an iteration
technique for calculating the concentrations of the products. The
net rates of production of the species are then calculated utiliz-

ing equation (57).

Comparison of Equilibrium and Nonequilibrium Chemistry

In order to illustrate the differences between equilibrium and

nonequilibrium chemistry, solutions were obtained for a typical



f.

problem employing both chemical models. Shown in Figure 12

is the temperature profile throughout the mixed flow field

at an axial distance of four feet downstream from the exhaust
nozzle of a LOo/LH2 rocket motor. The conditions of the rocket
exhaust and secondary air stream at the exit plane of the nozzle
are noted in the Figure, As can be seen the difference between
the two cases is not great, thus demonstrating that the selection
of equilibrium chemistry provides sufficiently accurate results
for the given conditions. As a point of interest it is worth-
while to note that the mchine. computation times for equilibrium
and nonequilibrium flow were approximately 2 and 110 minutes,
respectively. In view of the long computation times required
for nonequilibrium flow and since equilibrium flow gave accurate
results, the latter chemical model was assumed for the problem

under study herein.

Computer Program

In summary, the solution of the differential equations is obtained
by first transforming the equations using the Von Mises trans-
formation, expressing the transformed equations in finite
difference form, and then solving the resulting finite difference
equations utilizing a computer program developed for the IBM
7094, Details of the program asre presented in Reference 9 .
Consideration is given to the stability and vonvergence of the
solution utilizing the criteria established by Wu (Reference 1k ).
The parameters which mmst be input to the program are (1) the
initial conditions of velocity, temperature, pressure, and concen-

trations of the species comprising the two streams, (2) the

k9



turbulent Lewis and Prandtl number, (3) axial step-size,
(4) axial pressure gradient, and (5) supplemental data as

noted in Reference 9 .

In order to calculate the mixed flow field for a problem involv-
ing an air-agumented rocket engine the steps outlined below

are followed in utilizing the mixing program. Assume that the
rocket exhaust conditions as well as the secondary stream flow
rate, total temperature, and total pressure are known; and that

the mixing section geometry is specified. With these given

conditions the following steps are taken for cases where Pls< P1p°

l. The slipline coordinates and the secondary stream static
pressure, static temperature, and velocity at the nozzle
exit plane are obtalned from the inviscid plume program.

2. The above values are input to the mixing program along with
a selected axial pressure gradient for the mixing section.

3. Iterate with the mixing program using various axial pressure
gradients until the specified duct geometry is obtained.

For the cases where Pjg; > P1p, step one is omitted and only the

mixing program is employed.




C.

Discussion

1.

Configurations
Early in the study, it was necessary to establish some ground rules
and constraints upon the engine concepts and vehicle applications
toward which the air-augmented rocket cycle analysis was to be
oriented. A requirement of the contract work statement was that
maximm use was to be made of existing systems and that no new
vehicle designs were to be generated, except as necessary to incor-
porate the augmentation feature.
a. Engine Concepts
A vide variety of augmented engine configurations may Pe conceived
having varying degrees of refinement and analytical difficulty.
The concepts which were considered in the selection of the basic

engine designs are as follows:

Single Primary - Single Secondary. The simplest augmented engine

concept, and the most tractable from an analytical point of view,
consists of a single rocket engine surrounded by a symmetrical
shroud as shown in Figure 13. This concept is suited to liquid

or solid strap-on applications.

Multiple Primary. It is advantageous from both the inviscid

interaction and mixing standpoints to divide the primary flow into
several streams in order to maximize the contact area of the primary
and secondary. This may be accomplished with either a multiple
engine arrangement (Figure 1k) , Or a multiple throat and nozzle,
Another way to increase mixing surface area is to utilize a con-

voluted, star-shaped, or slotted nozzle exit shape (Figure 15).
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Multiple Secondary. Similar results may be obtained by dividing

the secondary stream into a number of streams by a multiple aperture

arrangement.

Altitude Compensation - Variable Geometry. A problem common to

the concepts discussed so far arises from the fact that the duct
is made to diverge so as to provide a surface upon which the mixed
stream may act to produce thrust at flight Mach numbers above one,
approximately. However, at launch the internal pressures are

less than ambient by virtue of the secondary flow, and this

form of over-expansion produces a significant drag contribution.
A duct with a variable area ratio would prevent this. In the
absence of variable geometry it is possible that the problem may
be avoided by the use of doors in the duct located near the
primary Jjet exit. The doors would open to the atmosphere to
admit additional secondary air into the combustor to promote
separation and raise the internal pressure to approach ambient

pressure.

An alternative scheme is to utilize the altitude compensating
features of the plug cluster (Figure 16) or the at;rcdynamic nozzle
(Figure 17). A limitation of these two s however, when applied

to air augmentation, is the lack of confinement of the secondary
and primary streams during the inviscid interaction and mixing
process except by the gas dynamical means resulting from inward
tilt of the primary streams. The lack of confinement by surfaces,
oriented to produce thrust, virtually eliminates the beneficial

effects which would otherwise accrue from mixing and combustion of
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Figure 17 - Air augmented serodynamic nozzle concept.
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the two streams. It might be feasible to fit a varidide shroud
.around the aft end of the engine system similar to the fixed

geometry shroud assoclated with the first concept discussed.

The lack of confinement and asymmetry of the primary stream pre-
clude a realistic solution of the inviscid interaction of the
streams with the present analytical tools (Plume Program.) This
program requires orlentation of the characteristics network
with respect to a centerline (in the case of two-dimensional flow
a plane wall will suffice). However, it could be modified to
accept variable boundary conditions.

b. Vehicle Concepts
The vehicle concepts considered for demonstration of the air
augmentation application were limited to current existing designs.
Those initially selected were a hydrogen fueled, horizontal
take-off rocket plane(Figure 18) and the Saturn V. During the
course of the study, the program was re-directed in order to in-
crease emphasis upon the investigation of component and engine
performance characteristics., The design and integration studies
were then limited to the Saturn V. The initial augmented config-
uration involved the least modifications to the basic stage and
is shown in Figure 19 . This modified stage is referred to
in this report as the S-1lA. It consists of a single duct placed
around the Saturn V with its original propellant system and F-1
engines. The engines operate with LO2/RP-1 at a nominal chamber

pressure of 1000 psia. As will be shown later, based upon the one-

dimensional analysis, the optimm mixture ratio and nozzle expen-

e

)

siop ratio in the augmented version appeared to be 2.3 and 10 to 12
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Figure 19 - S-1A configuration.



respectively, and these values were used throughout the analysis.
The duct diameter was sized somewhat arbitrarily; it appeared to be
és large as was practical for the vehicle, and an inlet which was
compatible with the duct size provided representative secondary

to primary mass flow ratios of from .25 to 2.5, depending upon
flight conditions. The inlet geometry was unspecified but it was
assumed to operate with a kinetic energy efficiency of 92% for this
initial performance analysis. The mixing duct length was established
at 80 feet from considerations postulating a duct length to primary
nozzle diameter ratio of 8 to 10 required to achieve moderate mixing
of the two streams. This configuration has several undesirable
aspects. The length and weight of the duct required to con-

tain the mixing region are large. The location of the mixing

duct aft of the vehicle is a serious limitation because of vehicle
support and hold-down considerations and the requirement for free-
dom of lateral movement of the vehicle base at lift-off. Also any
thrust vectoring loeds would have to be taken by the duct, requiring

high strength of the duct and attachment fittings.

S-2A. In order to avoid the principal disadvantages of the S-1A,
the S-2A configuration (Figure 20) was designed to integrate the
propulsion system and vehicle into a shorter length system with

no extension beyond the vehicle base. The use of 36 smaller engines
(H-1 type) permits a shorter length for the combustor. This duct
arrangement allows the use of comventional hold down and support
mechanisms and provides for thrust vectoring loads to be taken
directly into the vehicle base. It does require additionsl thermal

protection for the propellant tank wall which is now exposed to

%9



7 ~N
\
w
( | \
165w
52"
36 Engines N -
215,000 1b thrust ~-_L -~
each —t——
R R // i \\’ RR ____}P
{
.~ 30"
42

Figure 20 - S-2A Configuration

\



severe heating by radiation and convection from the mixed stream.

The rocket engine chamber pressure, mixture ratio, and expansion

ratio were the same as tiz $5-1A; 1000 psia, 2.3, and 10:1,
respectively. As will be discussed later, increasing secondary
mass flow rate, in general, has a beneficial effect on system
specific impulre. Consequently, the size of the duct and inlet
capture area were increased, asain somewhat arbitrarily, to what
was considered to be the practical 1limit with respect to basic
Saturn V structure.

Inlet

The selection of the inlet required consideration of inlet perfor-
mance, complexity, and necessary range of operation. Figure 2}
shows the total pressure recovery oif a variety of inlet types

as a function of flight Mach number. The upper curve represents the
upper limit of performance of a variety of inlets, both fixed

and variable geometry, operating on design, and measured experiment-
ally over the past several years. Since it was not the purpose

of this investigation to determine optimum system performance, use
of a variable geometry inlet on an integrated vehicle-propulsion
system of this size was considered unwarranted. The two shock

(one oblique, one normal) fixed geometry annular inlet was selected
as being a reasonable compromise between inlet performance,
complexity, and weight. It was designed to provide optimum
performance at a flight Mach number of 3, the approximate mid-
point of the supersonic portion of the flight range over which
significant augmentation was expected. For the purposes of this

study, the inlet analysis was confined to consideration of shocks
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2.

and area variations only. Effects of friction, leading edge
bluntness, flow variations across the stream, boundary layer, etc.

were ignored.

Combustor-Mixing Section Analysis

Now that the means have been developed by which the flow fields in the
mixing section can be determined for given initial flow conditioms,

the question must be answered as to what flow patterns in the combustor
are physically realistic, and how initial secondary stream conditions

are determined which produce this realistic situation.

Figure 22 illustrates an axisymmetric engine consisting of an inlet,

a rocket engine, and a mixing-combustion duct, hereafter referred to as
the mixing section or combustor. Consider first, the flow through the
mixing section. Assume that the ambient pressure, as well as the flow
conditions of the rocket, are constant, the only variables being the
secondary air stream flow conditions at the exit plane of the primary

nozzle (Station 1). For values of the air stream static pressure, Pyq,

less than the rocket exhaust static pressure Plp’ the exhaust plume forms
a restriction to the secondary flow as shown in the figure. Assume, for
the present, that the secondary flow 1is subsonic at Station 1 and

remains subsonic throughout the mixing section (this condition is
physically possible only when Pe = R,,). As Pls is decreased, the

Plume diverges outward and further restricts the invisvid secondary flow,
until at a specific value of Py, the secondary flow attains sonic condi-
tions at some point along the mixing section. Once this "choking"
condition is established, decreasing the pressure downstream of this

point will have no effect on the secondary flow conditions.
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Now, consider again the case where subsonic secondary flow exists
throughout the mixing section. Since the flow is subsonic, pressure
disturbances will be propagated upstream, affecting Py, in such a
manner that either P, will equal F,, , or the flow will become choked.
The effects of mixing are superimposed on the inviscid flow field and
the secondary flow conditions. It should be noted that the foregoing

L

discussion has been limited to include only those cases where Pls<: Plp

For most cases of interest here, the secondary flow is forced into the
mixing section due to the vehicle being propelled through the atmosphere

by the air-augmented rocket powerplant and consequently Pls may be
greater than Plp at certain points along the trajectory. In such cases

the plume does not form a restriction to the secondary flow as previously
described, hence, the choking condition can only be achieved as a result
of mixing and/or heat release within the mixing section. At other points

along the trajectory, however, P s will be slightly less than Pl and

1 P
the choking condition will be attained as a result of the combination of
plume "blockage", mixing and heat release between the two streams. It

is noted that for stable operation of the engine, the flow at some

point in the mixing section must be choked.

The problem of analyzing the flow system, therefore, reduces to that of
determining the secondary flow conditions which result in choked flow

for a given duct geometry and primary rocket conditions.

No efforts were made to determine the effects of plume and/or mixing zone
impingement resulting from a multiple nozzle arrangement such as the
S5-2A. It was assumed that the multiple nozzle configuration operation

was equal to that of a single nozzle surrounded by a single duct of

6k
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such diameter that the ratios between secondary and primary stream
at station 1 were the same for both. The purpose for considering the

S-2A configuration was to develop approximete propulsion weights, as
described in Volume I1I.
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A.

RESULTS

Component Operating Characteristics

1.

Inlet

The purpose of a subsonic combustion airbreathing inlet, in general,
is essentially two fold: to provide the proper flow rate of air at
the conditions required by the combustor section, and to provide
surfaces upon vwhich the diffusion process can act to produce thrust.
Before the integration of the inlet and combustor can be accomplished
with an appropriate degree of realism, and the effects of one upon
the other can be established, it is necessary to understand the

general operating features of the inlet.

In order to illustrate the inlet operation, two simple annular inlets
as shown in Figure 23 have been selected as examples. In the normal
shock inlet the flow is assumed to be one-dimensional. In the two-
shock inlet the flow is two-dimensional up to the throat, and one-
dimensional thereafter. The inlet plugs are shown to illustrate the
variable constriction of the inlet outflow by means of thermal choking,
geometric throat, etc, which are normally encountered. This constriction
serves to regulate inlet back pressure, fix the position of the normal
shock, and hence establish total pressure recovery and exit Mach
number. The performance of the inlets was calculated using perfect

gas ( vy = 1.4) shock and isentropic flow relations.

The performance of the two inlets in terms of static and total
pressures delivered for flight Mach numbers of 2.37 and 4.59 at
various altitudes is shown in Figure 2ha . The data are shown in

this way in order to facilitate comparison with the combustor operating
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conditions which will be described later. The upper and lower
horizontal lines of each set represent the diffuser exit pressure
ratios obtained with the normal shock at the inlet throat and diffuser
exit plane. The internal thrust produced by the inlet may be described
in terms of the impulse function:

j =PA+H.IV = PA(l‘l’YM‘Z)

where the thrust is equal to the difference between diffuser exit and

free stream impulse functions:
1s

Tinlet = / PdA = 8:1s - joo
- ‘o0

Since &F To is constant for given weight flow and flight condition,
inlet thrust will maximize when s is a maximm. Figure 25 shows
a plot of af /54”25 a function of Mach number. j *is a function
only of weight flow rate, total temperature, gas constant, and gamma,
hence is constant for this adiabatic flow situation. From this curve
one can conclude that the inlet will produce the most thrust when the
exit Mach number is very low, a lesser amount when it is high, and
the least when Mg = 1.0. It is then desirable to operate the inlet
along the upper limit line, if possible. This condition corresponds
to maximm total pressure (recovery) which is generally regarded as
being axiomatically required for best airbreathing performance,
Henceforth, the word "quality" will be used to describe, on a compara-
tive basis, the condition of the secondary air as it leaves the inlet,

High quality means low Mach number and high total pressure, and vice

versa. High quality air is produced by operation along the upper limit

line, and low quality by operation along the lower limit line.
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The subsonic performance of the two inlets (Figure 2hb) is considered
to be identical As contrasted with the supersonic case where the
mss flow was assumed constant for a given set of flight conditions,
the mass flow of the subsonic case varies due to frictional and non-

uniformity effects.

Mixing Section

The operating characteristics of the mixing section are best described
in terms of the flow conditions of the rocket exhaust and secondary
air stream at the location vhere the streams enter the mixing section,
i.e., at the exit plane of the rocket nozzle. As discussed in Sections
Be2.and C«2+ these conditions must be such that with a given mixing
section geometry, the flow becomes choked at some axial location within
the mixing section. The theoretical data for these flow conditions,
with consideration given to mixing, may be obtained utilizing the
mixing program described in Section B.3. However, to generate such
data over a wide range of rocket flow conditions and mixing section
geometries is very time consuming. The inviscid analysis, on the

other hand, may be employed to generate parametric data which, although
not including the effects of mixing, provides a method for establishing
trends and the lower limit of combustor performance. The operating
characteristics of the mixing section have therefore been separated

into two sections -- inviscid and viscous operating characteristics.

a. Inviscid Operating Characteristics
The inviscid operating conditions of the combustor are determined
through use of the Inviscid Plume Program in the following steps:

l. Specify primary conditions and combustor geometry,
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2. Select a secondary mass flow (i ), total temperature (1°)
and total pressure (Pls°).
3. Calculate flow conditions in combustor with Inviscid Program
(Duct Shape Input).
k. Vary secondary total pressure (pls°) until the sonic condition
is reached.
5. Select new values of i and repeat Steps 3 and L.
6. Select new values of 'rls° and repeat Steps 3 and k4.
Figure 26 describes a variety of duct and nozzle geometries
to which the inviscid analysis was applied. Figure 27 is a
plot of ﬁs versus Pls? for constant values of Tlso for configura-
tions A and C. Notice that the points plot as straight lines and
intersect the Plso axis (ms = 0) at a common point for each con-
figuration, defined as P,. This corresponds to the secondary total
pressure at which the primary jJet.plume expands sufficiently to be
Jjust tangent to the duct wall and completely restricts the secondary
flow. The value of P, is a function only of primary conditions and
duct geometry, and is independent of other secondary flow conditions.
The data may then be shown as in Figure 28 with t ('.[';)l/2 plotted
versus Pls° - P, for each configuration. From this curve one can
determine mass flow rate for given combustor geometries and secondary
total temperature as a function of secondary total pressure. For
later comparison with the inlet operating characteristics, the same
secondary conditions for choking are shown in Figure 29 with Pls/Pls.
plotted versus P 8'. These curves are independent of secondary

1l

total temperature and could be plotted as Mach number versus Pl s.'

In discussing the performance of the combustor section, it is

helpful to consider the following general statements, whose validity.
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2.

3.

established elsewhere in this report.

Increasing secondary weight flow increases augmented specific
impulse.

Increasing the quality (high total pressure and low Mach number)
of the secondary flow increases performance. (Increased secondary
stream quality is reflected in a shift of the combustor line
upward and to the right in Figure 29, as from A to C.)

The development of thrust can occur only when there are

surfaces properly oriented to receive it.

With respect to these statements and referring to configuration

A as a base line in Figures 28 and 29 , the following effects of

geometry are apparent:

1.

2.

3.

5

Increasing secondary to primary area ratio or diverging the
duct reguires higher secondary flow rate for the same quality
(total pressure) secondary flow (Figure 28, Configuration C to
A and B).

Decreasing secondary to primary area ratio requires higher
quality air for the same flow rate. (The plume need not expand
so far to choke the secondary, or in other terms, higher pressure
is required to force the secondary past the plume, Figure 2§

A to C.)

Increasing divergence angle of the primary nozzle is beneficial
in increasing secondary flow quality. (Figure 29 A to D).
Decreasing primary nozzle area ratio is only slightly beneficial
in increasing secondary flow guality. (Fj.gure 29, E to F).
Increasing secondary to primary area ratio and divergence of the

duct provides more surface area oriented to accept internal thrust.
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b.

Based upon the above observations, it can be stated that increasing
secondary to primary area ratio and divergence angle of the duct
are beneficial in producing internal thrust developing surfaces and
in increasing flow rate capability, but detrimental in that the
combustor requires a lower quality secondary flow to operate with

the secondary choked.

Viscous Operating Characteristics
In order to determine the operating characteristics of the combustor,
with mixing and combustion of the primary and secondary streams,
the configuration illustrated in Figure 30 was selected. The‘
primary rocket is assumed to have the following operating character-
istics:

Propellants - 1.02/ RP-1

Mixture ratio = 2.3

Combustion pressure = 1,000 psia

Flov rate = 808 1b/sec

Area ratio = 10.1:1

Exit diameter = 3.666 ft

1be _ gec

Optimum specific impulse = 302 ""f.:—

Exit velocity = 9734 ft/sec

Exit temperature = 3681°R

Exit pressure = 12.9 psia
The conditions of the secondary stream at the exit plane of the
primary nozzle are assumed to be compatible with those provided by

the two-shock inlet discussed in Section A-1l.

Consider a vehicle with a flight Mach number of 2.37 at an altitude
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of 50,000 feet., The secondary flow conditions at the nozzle exit

plane are as follows:

P = 2145 psfa
-]
T, = 809°R
M =0,
1s 0.35
d_ = 1215 1b/sec
w, = 489 ft/sec

Employing these initial conditions and the technique for calculating
the mixed flow field as discussed in Section B-3, the results pre-
sented in Figure 31 were obtained. The results are in the form of
Mach number profiles, obtained from velocity and temperature profiles
at various axial locations in the mixing section. It is seen that

as the flow proceeds in the downstream direction the Mach number
gradient approaches zero. The minimum Mach number at the duct exit
(X/D = b.54) is greater than unity, thus indicating that the flow

is choked.

Shown in Figure 32 is the pressure ratio (P/P°)ls as a function of
Plso illustrating the comparison of the mixing theory with the
theoretical data obtained from the viscid theory. It is recalled
that the pressure ratios obtained from the inviscid theory are
those for which choked flow was obtained due only to the blockage
effect provided by the rocket exhaust plume, it being assumed that
no mixing occurred between the two streams. Thus, Judging from the
data obtained from the mixing analysis, it appears that as a result
of mixing the pressure ratios which produce choked flow are greater
than those predicted from the inviscid theory. Further discussion

pertaining to this trend is presented in Volume II of the present
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report. It may be stated here, however, that work thus far
indicates that the inviscid theory may be employed to predict the
lover limit of combustor performance. The upper limit of combustor
rerformance has not been determined analytically, but appears to
correspond. to those conditions at which the mixed flow becomes
choked at the combustor exit, i.e., the minimum Mach number in the

profile at the combustor exit is equal to unity.

Mixing Length

The operating characteristics of the mixing section are strongly
affected by its length. For given flow conditions, the basic
requirement which must be fulfilled in establishing the length of
the mixing section is that it be sufficient for the flow to become
choked. From thrust considerations the duct should be quite long,
but when consideration is given to duct weight and drag, it is
obvious that an optimm length exists which gives a maximum net
thrust-to-weight ratio. Thus, techniques which reduce the required
duct length and improve thrust producing capability are of interest.
Since the required duct length, as dictated by the choking criteria,
may be reduced by choking further upstream, and the thrust increased
by maintaining higher pressures throughout the mixing section, a
technique which satisfies both conditions simultaneously is desired.
Such conditions can be obtained by increasing the rate of mixing
between the two streams. For example, due to momentum interchange
vwhich is proportional to the rate of mixing, the secondary stream is
accelerated at a more rapid rate, and thus attains the choking
condition more rapidly with increased rate of mixing. Also s increased

rate of mixing results in more rapid heat release due to chemical
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3.

reactions, and thus, higher pressures are capable of being sustained
throughout the mixing section. Hence, techniques which improve the
rate of mixing between the rocket Jet and the secondary air stream
are of importance. One technique which has been demonstrated
experimentally to be effective, is the use of turbulence and vortex
generators in the secondary stream. Other techniques which improve
the rate of mixing comprise the following:
1. Multiple rocket exhaust nozzles, which when distributed
throughout the secondary stream effect an increase in the area

of contact between the two streams.
2. Multiple secondary streams
3. Devices which alter the boundary layers immediately upstream

of the point where the two streams first come into contact.

Inlet-Combustor Matching

Once the operating characteristics of both the inlet and the combustor
have each been defined, the problem of selecting the match point of
the two, if possible, is largely solved. In Figure 33 are plotted
static to total pressure ratio vs. total pressure for the secondary

stream with a primary-combustor combination of Configuration E shown in

Figure 26.

Curve 1 was generated based upon inviscid choking of the secondary and
represents the lower limits of combustor performance discussed in the
preceding section. Also plotted are the same variables for the Mach
2.37, two-shock inlet shown previously. At a given altitude, the inter-
section of inlet and combustor curves defines a match point of compatible

operation. These configurations match at altitudes between approximately
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47,000 and 64,000 feet, with the normal shock at the inlet throat and
exit, respectively. Above the higher altitude, the shock is disgorged
so that the flow rate drops to accommodate the matching. Below 47,000
feet, the shock must pass downstream into the combustor section where
it will either form obliquely off the nozzle plume or mixing zone at
the proper strength to cause choking behind it, or will pass completely
out of the engine. 1In this case the inlet will produce only drag, and
vhile analysis of supersonic secondary flow with shocks in the combustor
is not possible with the analytical methods developed during this study,
it does not appear likely that this situstion will produce enough
thrust to overcome inlet drag at the relatively low flight Mach numbers

being considered.

Curve 2 represents the operating characteristics of the same combustor
with the mixing effects adding their perturbation to the inviscid
operation. For this curve these effects have been estimated by com-
parison between the experimental data and the inviscid operating line
calculated for that geometry. This corresponds to the situation dis-
cussed in the preceeding inviscid operation section, in which the
combustor can handle a higher quality secondary stream. Subsequent to
the estimation of the location of Curve 2, isolated points recently
calculated in the mixing analysis indicate that this estimate is con-

servative, and that the line could be higher.,

If one uses combustor operating conditions typical of Curve 2 in Figure
33 , the match points move to lower altitudes and better augmentation
factors, in general, but the rahge of operation is still limited.

Figure 34 shows the trajectory limits of the combustor operating along
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Curves 1 and 2 with the two-shock inlet, compared with a typical
C-5 vehicle trajectory. Spectacular examples of the importance of
considering matching conditions are at Mach 2.37 and 3.11 at Lo ,000
feet, where there are no match points with either Curve 1 or 2 of
Figure33 . Using maximm inlet recovery (inlet upper limit line),
however, augmentation factors of 1.5 and 2,0 are predicted by the

one-dimensional analysis.

The effect of mixing is to move the range of operation to the lower
altitudes, where increased augmentation generally results from
higher weight flows and higher total pressures. However, if one
attempts to increase weight flow by increasing the size of the duct
(increasing A, and Als/Alp)’ combustor operating conditions will be
lower, the match point trajectories will be higher and the flow rate
for the larger duct will decrease., There is, then, an optimum
inlet-combustor combination for the selected primary rocket, disregard-
ing structural and thermal protection weights, which provides maximm
augmented engine performance, considering the trades involved with
duct size, weight flow, and match point trajectories. Determination
of the optimum configuration has not been made in this study. The
capability has been developed, however, to perform the parametric
evaluation necessary to arrive at optimum configurations as functions
of trajectories based upon an analytical model which realistically

describes the physical phenomena.

With a vehicle having the capability to vary its traJjectory aerodynami-
cally it should be possible to fly along a trajectory giving optimum

engine performance. However, the ballistic path followed by a vehicle
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such as the C-5 prevents this maneuvering except by thrust

modulation.

The necessity for such a trajectory control and matching could be
eliminated if a combustor-primary combination could be found whose
operating conditions curve in Figure 26 were nearly horizontal

and at a high Pls/Pls‘ so that match points could be obtained at

all altitudes and Mach numbers. It appears possible that this could
be achieved by throttling the primary engines. When the chamber
pressure of the primary increases, the jet exit pressure also increases
and the combination of higher weight flow and higher pressure pro-
duces more constriction of the secondary flow by virtue of increased
mixing and pluming of the jet. This would tend to move the normal
shock forward toward the throat and increase the inlet performance.
Reducing primary weight flow would produce the opposite results. It
might be possible to increase the augmentation sufficiently at

certain conditions to offset the weight penalties occasioned by having

to carry a larger engine than is needed for portions of a flight.

B. Powerplant Performance

It is customary to refer to engine performance in terms of thrust, specific
impulse, or thrust coefficient. Since this study is primarily a comparison
of what can be achieved with and without the addition of a secondary air

system, the augmented performance is described in terms of the augmentation

factox;

I

I, R(T«torsn cAlL)




The augmented specific impulse is defined as the theoretical augmented
thrust produced by the engine divided by the sum of primary propellant and
secondary fuel flow rates:

T Ib ) (64)
IsAuq B N ( lb,, /sec

Referring to Figure !’ , the engine system thrust is determined from the

thrust produced by its components:

=7 __ + T + T (65)

Tmsr = ;P"m = P * RAg - sl — 2 Ay — Po (Ais +A1p ~ Ag) (66)

Teocker = .S’;P"Iﬁ = ”;p Ve T A, (67)
[ ]
T er” _SFJA (v 4, ¢ B )N + BA, (68)

“HNie = Tl = Hisls — A~ TalAeAp- Ay)
= (g sy ¢ A Ve — Bl + AL R) (69)

This equation is similar to Equation (17) used in the one-dimensional
cycle analysis. There are assumed to be no heat transfer or frictional

effects between the engine system and its boundaries.

In order to retain a degree of realism in the generation of parametric data s
most of the effort was oriented toward the S-1A and S-2A configurations with
perturbations from these baselines. The theoretical rocket specific impulse
for the LOZ/RP-]' engines of these configurations is shown in Figure 35. The
reference specific impulse (IBR) is, in this case, the specific impulse at

a nozzle area ratio of 16 at the appropriate altitude conditions.
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1.

One Dimensional Cycle Analysis (Umnmatched Inlet-Combustor Operation)

The engine performance data presented in this section were calculated

as outlined in Section B.l., without regard to the inlet-combustor
matching requirements. 1In all cases, the supersonic solution to the
one-dimensional analysis was used. When studying these data it is of
paramount importance to remember that conclusions drawn must be tempered
with judgement and awareness of the matching limitation. However, the
trends which are shown have been confirmed, in general, with the analyses

considering matching.

8. Base Line Performance
The calculated performance of the two base line configurations are

as shown in Figures 36 and 37 and are based upon the following
assumptions:

Primary Rocket

L02/RP-1
O/F = 2.3
P_ = 1000 psia

xhp = 28,253 1’bm/sec

A)p = 370.35 £t2

Py, = 1899.h m/r¢.2
S-1A

A 1247 ft2

by = 1730

Ae/Algl.h
T‘ Ke 3'0092
A, = A, = 29Uk £42
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b.

S-2A

Inlet capture area and total pressure recovery are for 2-

shock inlet (Mach 3 design point)

A = 1933 £t
cowl

2
Als = 1760 ft

A, g 1.k A, A, = 1.285 A, = 1.8 A

Parametric Performance
The effects on the performance of the base line designs due to

variation of a number of parameters are discussed in the paragraph

below,

Incomplete Afterburning: The effect on S-1A performance of no

secondary combustion was determined by replacing the oxygen in the

air with nitrogen for two flight conditions.

The calculated performance was as follows:

M Alt. P h /& F F

s s/ ™p ( Avg )Comb . ( Auvg )No .Comb.
3.11 80,000 1544 0.368 1.216 1.213
2.37 50,000 3398 1.19 1.465 1.457

Apparently the effects of non-afterburning are not significant at
the lower weight flow ratios and the major results of secondary air
addition accrue from momentum interchange only and these results

are sufficient to produce respectable augmentation.

Primary Area Ratio: The primary rocket area ratio was varied from 8

to 16 in the S-1A configuration, with the results on augmentation

factor as shown in Figure 38 for a typical trajectory. For this



R E v e

1.3

1.1

1.0

-

Aug
Faug (O/F = 2.3)
L ‘:8- .

g 8

T T

S-1A

q = 1100 psfa

Typical Augmented Trajectory

~

[ —

/

—J

\\/

r——

10 12

1l

L

Primary area ratio - €
Figure 38 - Effects of Primary Area Ratio on Augmentation

I I T T T T T T
1.62 S-2A
T~ Typical Augmented Trajectory 1
4,59 ]
— M, = 4.59
NV ° L
1.
L/
\g\ /
N
2.0 3.0 k.0

Figure 39 - Bffects of Primary O/F on Augmentation

Primary Off - Pn=- 02

lb'- RF1

97



configuration, an area ratio of about 10 to 12 is optimm, regard-
less of the po‘int on the trajectory. This indicates that the optimum
area ratio is more a function of combustor geometry than of secondary

conditions.

Primary Oxidizer-Fuel Ratio: The effect of varying primary O/F on

the augmented engine differs little from the effect on the rocket
alone, further indicating the relative insensitivity of augmented

performance to heat release in the cambustor. Figure 39 illustrates

* these effects. The optimum mixture ratio for the augmented engine

is only slightly richer than that for the pure rocket with the same
chamber pressure and area ratio. This does not preclude the possi-
bility that at very high secondary to primary mass flow ratios the

beneficial effect of a more fuel rich primary might be substantial.

Inlet Total Pressure Recovery: As has been stated in the section

on inlet and combustor operation, high inlet total pressure recovery
contributes to high augmentation factors. This is demonstrated by
the data shown in Figures 40 and 41. The data in Figure 80 were
generated for the S-1A configuration along a typical trajectory

by replacing the ) gy = 92b inlet with a normal shock inlet having
the same capture area. At low supersonic Mach numbers the normal
shock inlet performs virtually as well as the better inlet. At
higher Mach numbers, however, the detrimental effects of the normal
shock recovery are more serious. The slight tail-up of the curve
beginning at Mach 4 is due to the fact that the augmented performance
even with the better inlet has begun to fall off very sharply. In

Figure hl, augmentation factor is plotted versus secondary total
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pressure (or recovery) for the S-2A configuration at a single Mach
number and altitude of 3.11 and 60,000 feet respectively. It is
seen that augmentation factor increases as secondary total pressure

increases, for a constant secondary flow rate.

Secondary Flow Rate and Mach Number: The data in Figures 42 and 43

were generated for a flight Mach number of 3.11 and altitude of
60,000 feet without specific configuration orientation, with aug-
mentation shown as a function of secondary to primary mass flow
ratio. In figure 42 the inlet geometry was assumed to be such that
the secondary Mach number at station 1 was equal to one. In
Figure 43 the inlet diffusion process was greater, producing a
secondary Mach number of 0.27 with its associated higher static
pressure. Both configurations were completely expanded so that the
duct exit pressure was equal to ambient pressure. The difference
in combustor area ratio between the two resulted from lack of
solutions to the one-dimensional equations at some points, but does

not substantially affect the results.,

Two things may be mentioned here: first, increasing flow rate has
a beneficial effect on augmentation in both cases, and second, the
better augmentation is produced by the engine system in which the
inletdirtuses the secondary air to a lower Mach number at the
entrance to the combustor. However, it should be emphasized that
the performance data for the low secondary Mach number situation
were not based upon a matched situation between inlet and combustor
and also that the deleterious effects of this requirement become
more pronounced at the higher secondary to primary area ratios

associated with the higher mass flow ratios. The result of the
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sonic secondary flow at station 1 is to decouple the inlet from the

effects of the combustor operating characteristics.

The effects of such a technique on S-2A augmentation factor is

shown in Figure 44 where augmentation factor is plotted versus the
dynamic pressure q, for two flight Mach numbers - 2.37 and 4.59.

The performance of the standard S-2A, with the two-shock inlet
operating at its point of maximum total pressure recovery, is com-
pared to the same configuration, with the inlet modified so that the
secondary flow is Just sonic at station 1. Also shown is the
performance of a sonic inlet with a kinetic energy efficiency of 92%.
At both Mach numbers, the performance for all configurations increases
with q, and the subsonic injection inlet shows superior performence
over the sonic injection inlet with the same recovery, especially

at the higher flight Mach number.

The reasons for this better performance are shown in Figure U5, where
the thrust contributions of the three engine components, primary,
inlet and combustor, are shown for both two-shock inlets. The sonic
injection inlet produces only drag on the system, and the thrust
contributed by the combustor is insufficient to make up this decrement.
However, at extremely high q trajectories, the sonic injection may
still provide better augmentation than the other system, suffering

the penalties accruing from the matching requirements.

Mixing Section Divergence: The effect of duct divergence on the S-2A

rerformance at the higher Mach number and altitudes is shown in
Figure 46, In all cases the exit area is fixed at 1.8 times the

initial duct area at station 1. The nozzle expansion ratio is either
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1.8 or 1.285 to correspond with the duct area ratios of 1.0 and 1.k,
respectively. The higher divergence duct provides slightly better

augmentation factors at all conditions studied.

Secondary Fuel Injection: The secondary to primary mass flow ratio

for an overall stoichiometric oxidizer to fuel ratio is 1.55.
Figure U7 presents augmentation factor versus secogda.ry fuel to
primary propellant flow rate, where the secondary fuel is injected
with zero velocity at station 1. At the high secondary to primary
weight flow ratio of 5, the secondary fuel addition produces a
slight increase initially but then begins to fall off. The fact
that the augmentation ratio is thereafter only slightly affected by
increaéing secondary fuel addition is further illustration of the

relative insensitivity of performance to combustor heat release.

2, Engine Performance With Inlet-Combustor Matching

The calculations for engine performance based upon matched operation of
the inlet and combustor have been performed in two ways: first, the
secondary conditions established for compatible operation in Figure 33
were input into the One-Dimensional Cycl‘e Analysis, which calculated
performance for those operating conditions based upon the complete
mixing and chemical equilibrium assumptions. Secondly, from Figure?‘l-,
selected conditions which the inlet is able to provide and which lie
above the inviscid operating line, were used as inputs to the Two-
Dimensional Mixing Analysis. This program provided the duct thrust
vwhich was added, by hand calculations to the thrusts produced by the
primary rocket and the inlet, according to equations (65) through (69)

at the beginning of this section. In the following paragraphs it will
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be shown that there is acceptable correlation between the two methods.

8e

S-2A Engine Performance With Matching
These calculations were performed by the first method, above, based
upon the operating characteristics of the two-shock inlet, and

combustor Configuration E in Figures 26and 33 This configuration

~has the same geometric features as the S-2A engine configuration,

except that the S-2A has a multiple nozzle arrangement. The area

ratios, /A,_, and , and the primary rocket conditions, are
s'#1p

the same for both configurations. The approximation of the multiple
arrangement by use of the single jet and duct was discussed in

Section C.2.

Figure 4Bashows S-2A augmentation factors plotted versus altitude as
a function of flight Mach number for the operating match points of
Curve 2 in Figure 33. A comparison of these data with the S-2A base
line augmentation factors in Figure 3] calculated without regard to
matching, reveals the critical effects of the matching requirement.
Not only is augmentation reduced drastically, but the range of

operation is now confined between narrow limits.

Figure 4B8bshows the same performance data based upon the operating
match points of Curve 1, which operates with lower quality air. This
condition results in lower augmentation factors at the same altitude,

and also shifts the operating range to higher altitudes and resultant
lower flight dynamic pressures.

These dats demonstrate the desirability, from an engine performance

standpoint, of improving combustor characteristics and the quality
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of the secondary air it can utilize through use of proper geometry

and improved mixing techniques.,

Engine Performance From Two~Dimensional Mixing Analysis

In order to determine the effects of secondary flow rate, altitude,
rocket mixture ratio, and Reichardt's coefficient (a parameter which
is a measure of turbulence in the mixing region), the duct geometries
shown in Figure 49 were selected. The selection of these configura-
tions was predicated upon the results obtained with other configura-
tions; for example, constant area and divergent ducts. The constant
area duct generally does not give large augmentation ratios since
there is no net unbalanced area in the plane normal to the axis of
symmetry, except the inlet, upon which pressure forces may act.

The diverging duct provides additional unbalanced area but the

requirement of choked flow generally necessitates the pressure P,

to be lower than that required for the constant area duct. Obviously,
the higher the pressures throughout the duct, the higher will be the
net engine thrust for the same net unbalanced area. Undoubtedly,
there is a configuration which gives an optimum net thrust for every
given flight condition. However, it was beyond the scope of this
study to determine the optimum configurations. Configuration I is
constant area for L/D = 1.52 and then diverges to an area ratio of
Ae/Al = 1.8 at L/D = 3.0k, Configuration II, the smaller duct, is
constaﬁt area for L/D = 2,27 and then diverges to an area ratio of

Ac/A; = 1.8 at L/D = h.5k,

Case 1

It is instructive to first consider the larger duct since it brings
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to attention a fundasmental problem that may be encountered using
one-dimensional solutions. The ratio of the duct ares to the
rocket exit area, Al/A1p is 12.96. The primary rocket is assumed
to have the following operating conditions:

Propellants - LO,/RP-1

Mixture ratio = 2.3

Combustion pressure = 1,000 psia

Flow rate = 808 1b/sec

Area ratio = 10.1

Exit diameter = 3.666 ft

Optimum specific impulse = 302 1Pf - sec
To_
Exit velocity = 973k ft/sec

Exit temperature = 3681 R

Exit pressure = 12.9 psia
The secondary air étream conditions at the exit plane of the nozzle
are assumed to correspond to those provided by a two-shock inlet
operating at Mg, = 2.37 and an altitude of 50,000 feet with the
normal shock located at the inlet throat. The inlet design and
performance characteristics are presented in Section C-l. The air
stream conditions at the exit plane of the rocket nozzle are:

Static temperature = 809 R

Static pressure = 21&5 psfa

Mach number = 0.35

Flow rate = 3040 1b/sec

Velocity = 489 ft/sec
Employing these initial conditions and the technique for calculating

the mixed flow field as discussed in Section B-3, the results




presented in Figure 50 were obtained. The results are presented in
the form of Mach number profiles, cobtained from veleocity and
temperature profiles, at various axial locations in the mixing
section. It is noted that a considerable portion of the mixed flow
remains subsonic throughout the entire duct, a condition which can
be physically possible only if the exit static pressure is equal to
the ambient pressure. The pressure distribution for the above flow
through the duct is presented in Figure 51 and, as can be seen,

the exit pressure is 2250.0 psfa. The ambient pressure at the
assumed altitude of 50,000 feet is 244.0 psfa, which is considerably
less than the mixing section exit pressure. Consequently, such an
analytical situation cannot physically exist since the ambient
pressure would propagate upstream through the subsonic flow,
changing the secondary flow conditions at the exit plane of the
rocket nozzle. It is interesting to note that if one did not
consider this phenomena, but assumed that the secondary conditions
were not affected, the augmentation ratio as calculated from the
above flow conditions is 1.8k, The corresponding value obtained
from the one-dimensional solution is approximately 1.70. It should
be noted, however, that the secondary flow conditions which give
this augmentation ratio are physically impossible if consideration

is given to the choking condition as predicted by the theoretical

Mach number profiles.

Case 1A

In order to determine the secondary flow conditions that are compatible
with the physical situation, the secondary conditions for the above

case must be altered until the results indicate that the flow
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through the duct is choked. In an attempt to obtain choked flow
the secondary flow conditions at the nozzle exit plane were
altered by permitting the inlet normal shock to move downstream of
the inlet throat. Those conditions are as follows:

Static pressure = 1920 psfa

Static temperature = 54L R

Mach number = 0.40

Flow rate = 3040 1b/sec

Velocity = 54l ft/sec
The resulting Mach number profiles are shown in Figure 52. Com-
paring the minimm Mach numbers in the exit profiles for the two
sets of secondary flow conditions, it is seen that the minimum exit
Mach number for the later case has increased from that of the former
case but is still subsonic. Consequently, further changes in the
secondary flow conditions must be made until the choking condition
occurs. As a point of interest, the augmentation ratio obtained
for the second case of secondary flow conditions is 1.51, thus
indicating that the trend is toward lower augmentation ratios as

the choking condition is approached.

Case 2

Consider now Configuration II with identical secondary pressure,
temperature, and velocity as in Case 1. Thus, since Configuration
II has a smaller flow area than that of Configuration I, the decrease
in flow area effects a proportional decrease in second;ry flow rate.
The Mach number profiles were presented previously in Section A-3,
Figure 31. As can be seen, the minimum Mach number at the duct

exit is supersonic indicating that the entire flow is choked. The

15
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augmentation ratio for this flight condition (Mg, = 2.37 at 50,000
feet) is l.14. Thus, decreasing the secondary flow rate by
decreasing the flow area results in the choking condition occurring
with a relatively high pressure Pls’ However, since the net unbal-
anced area decreases, the augmentation ratio is also lower than
that given for the larger diameter duct. From the results of the
above two cases, it appears that there is an optimum duct flow area

which would provide a maximum augmentation ratio for given secondary

pressure, temperature, and velocity.

Case 3

Another method of effecting a change in secondary weight flow,

other than changing the flow area, is to operate at a different
altitude with the same flight Mach number. In order to determine
this effect an altitude of 40,000 feet was selected. With the inlet

operating with the normal shock at the throat, the secondary flow

conditions are:

Static pressure = 3445 psfa

Static temperature = 809°R

Mach number = 0.35

Flow rate = 1960 1b/sec

Velocity = 489.0
The Mach number profiles for this flight condition are
presented in Figure 53, which illustrated that the flow was choked.
The augmentation ratio for this flight condition is 1.33. Thus,
the augmentation ratio was increased 16 percent above that obtained
at an altitude of 50,000 feet. However, it should be noted that the

dynamic pressure increased by approximately 60 percent at the
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lower altitude (q = 1540 psf at 40,000 feet and q = 960 psf at 50,000

feet).

Case L

In the previous cases the rocket exhaust conditions were constant
and only changes of the secondary stream were studied. Since the
engine thrust is dependent to some extent upon the amount of energy
released within the mixing section it is of interest to determine
the effect of decreasing the rocket mixture ratio, thas providing

additional fuel for combustion with the air stream.

The results presented in Figure 54 were obtained for secondary flow
conditions corresponding to those of Case 2 and a rocket mixture
ratio of 2.0. Upon comparing the Mach number profiles with those

of Case 2 it is seen that the exit Mach numbers in the outer portion
of the flow field have increased only slightly. Comparison of the
temperature profiles at the duct exit for the two cases, as shown in
Figure 55, also show only slight increases in temperature due to the
increased combustion. The augmentation ratio for this case is 1.19,
an increase of approximately 4.5 percent over that obtained for Case
2. Thus, it appears that within the range 2.0 to 2.3 there is

relatively small effect of mixture ratio on the augmentation ratio.

Case 5

Considerable interest has been devoted to methods of increasing the
rate of mixing between two streams by the utilization of turbulence
or vortex generators. The effect of such devices may be assessed
analytically by assuming that the increased rate of mixing is

described by an increase in Reichardt's coefficient. Shown in
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Figure 56 are the Mach number profiles for secondary flow conditions
corresponding to those of Case 2, with Reichardt's coefficient
increased by a factor of approximately five., As can be seen, the
entire flow is choked, with the exit Mach numbers in the outer
portions of the flow greater than those of Case 2. Shown in Figure
5T are the inner and outer boundaries of the mixing region as
determined from concentration profiles for the two values of
Reichardt's coefficient. As can be seen, the mixing region occupies
the entire duct at axial locations of approximately 5 and 10 feet
for the high and low Reichardt's coefficients, respectively. The
augmentation ratio for this case is 1.20, an increase of approximately

5+3 percent over that obtained for Case 2.

In Figure 58 is presented the augmentation ratio as a function of
dynamic pressure based upon results obtained from the mixing analysis
for Configuration II. The augmentation ratio is seen to increase
with increasing dynamic pressure - the maximm calculated value

being 1.4k at a dynamic pressure of approximately 2500 psf.

Shown in Figure 59 is the augmentation ratio as a function of area
ratio Als/Alp, for a free stream Mach number of 2.37 and an alti-
tude of 50,000 feet. The augmentation ratio increases slightly

with increasing area ratio. As noted previously the larger combustor
provides greater area upon which pressure forces may act, but the
requirement of choked flow generally necessitates the pressure Pls

to be lower than that required for the small combustor. Consequently,
the integrated pressure over the forward-facing area is only

slightly larger than that of the smaller duct and hence, the aug-
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mentation ratio increases only slightly.

The augmentation ratios for the various cases discussed above are
presented in Table 2 along with the corresponding flow conditions.
It should be noted that, in order to accurately establish the rela-
tive effects of the parameters, the choking location in the mixing
section should be identical for all cases - preferably at the mixing

section exit.
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CONCLUSIONS AND RECOMMENDATIONS

Conclusions:

1.

2.

30

The analytical models have been developed for gaseous flow that
are capable of predicting system performance to an accuracy
cosmensurate with good engineering practice.

Utility of the models is reduced by the external iteration
technique required to obtaln satisfactory solutions from the
mixing program.

It is imperative to consider the coupling between the air inlet
and the mixing section and the resultant matching operation in
arriving at realistic augmented engine performance.

The criticel effect of the inlet-combustor matching has not been
fully explored, but the judicious use of throttleable high pressure

primary rockets and/or secondary fuel may offer a pramising approach
to this problem.

5. The results indicate that high Mc pressures improve engine
performance.

Recommendations

l. Modify the mixing program to incorporate internal iteration tech-
niques to arrive at desired duct configurations.

2. Generate broader parametric maps of performance in the regimes
vhere augmentation appears favorable, based upon the inlet-
combustor matching requirement.

3. Investigate the advantages of using a high chamber pressure throttle-

able primary rocket and/or secondary fuel injection in order to

operate stably at high dynamic pressures.
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5.

Modify existing programs as necessary and explore novel air aug-
mented design concepts, which provide altitude compensating
effects, increased mixing of the streams, variable inlets and
exits, and dual mode operation.

Develop an analytical model for the analysis of solid primary
rocket air augmentation systems.

Perform studies to permit selection of the most promising
engine concepts for various applications.

Conduct an experimental program to further verify the analyses,
obtain additional basic mixing data, evaluate mixing section
performance with impingement of the mixing zones of multiple
Jets, and investigate the interaction of the inlet and com-
bustor.



1.

3.

6'

9.

10.
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